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Application ol panel methods to flight dynamics analysis has been shown.
The most important facts [rom panel methods theory (governing equa-
tions, boundary conditions forms, discretization methods etc.), having
fundamental weight and making possible computing of the pressure di-
stribution over the lifting and non-lifting surfaces, have been presented
and discussed. Some numerical procedures for computing selected dyna-
mic and aerodynamic characteristics, decisive from to stability point of
view, namely downwash belind the main wing, stability and maneuve-
rability neutral points and stability derivatives, have been discussed in
details. Some results obtained numerically have been compared to those
obtained from wind tunnels and by simplified engineering procedures.
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1. Introduction

Over the last two decades it can be observed that new, unconventional
(unorthodox), strongly coupled aerodynamic configurations, have been build.
More and more frequent are; e.g., Canard configurations, lifting bodies smo-
othly passing into wings, configurations of manifold control surfaces or with
leading edge extensions. In a conventional approach to the stability and ma-
neuverability analysis it is usualy assumed that the main wing is placed in an
undisturbed uniform flow, a wing platform is of trapezoidal shape (no that of
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hybrid) and that the body can be clearly separated from wing and tail etc. For
unconventional configurations these assumptions do not hold true, therefore
the stability derivatives, mostly those obtained numericaly, can be adultera-
ted, so the stability and maneuverability characteristics could occur worthless.
Experimental wind-tunnel investigations (e.g., Heffley and Jewell (1972)) or
flight tests are time consuming and expensive, so they can only supplement
and verify the data obtained numerically. In view of that it seems advisa-
ble to develop a method of computing of the aerodynamic characteristics for
unconventional configuration, including the stability derivatives, using lifting
surface integral equation. To this end the panel methods have been used. They
consist in dividing the surfaces into small trapezoidal or triangular elements
(panels) and distributing over these elements dilferent type singularities (do-
ublets, vortices and sources). Different versions of panel methods have been
developed (cf Goraj and Pietrucha (1993), (1995a,b,c); Kubrynski (1995); Ku-
licki and Lasek (1995a,b)). They differ mainly in kind of singularities to be
used, form of singularities distribution (discrete or continuous) to be applied,
wing thickness to be either inchided or excluded, shape of the wake (flat or
rolling-up), etc. Depending on the method used a simpler or more complex
mathematical model can be obtained. In the paper the following assumptions
have been made: the flow around the aircraft is subcritical and potential (exc-
luding the wake). Aircraft is either in steady, rectilinear, horizontal flight or
in revolution with steady angular velocity. In both cases the angles of attack
are small.

Moreover, disturbances around a steady trajectory are small. The wings
can be modeled as either thick surfaces using doublets and sources or as thin
surfaces using vortices. The bodies can be modeled as thick surfaces over
which only sources are distributed. In all cases the singularities distribution is
of constant strength. On the wake only doublets are used. The wake influences
the lifting surfaces up to limited distance only — usually up to several wing
chords (cf Goraj and Pietrucha (1994a,b)).

2. Mathematical model

The flow around aircraft can be described by the Laplace equation (cf Hess
and Smith (1966); Hess (1972); Katz and Plottkin (1991))

Vig =0 (2.1)
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with the boundary conditions

Jim (V& —v) =0 (2.2)
Vé-n=0 (2.3)

Solution of the Laplace equation has the form

2(P) =~ [[o(1) -nge (D] a5+ o= [ Iuge (2)] 45 +0u(P) (20

SB SW

Solution (2.4) depends on the singularities distribution over the aircraft body
and wake behind the aircraft. The aircraft surface (body, wings and tail
surfaces) and wake surface have been approximated by the flat panel set with
a constant singularities distribution over each panel.

changeable constant

singularities singularities
distribution distribution

real singularities ﬁ

distribution

Fig. 1. Discretization of the real singularities distribution

After discretization, Eq (2.4) has the form

Yo 4 1
B(P) =B =), / pn- V(=) dS +
k=1 S,
7 (2.5)
Nw Npg
1 1 1 1
£y / pn- V(=) ds -y — / o(-) ds
=1 Suw k=1 SaB

where
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SupsSuw — Dbody and wake doublet panels, respectively
Sop - body source panel.
Let us carry out V operation (differentiation) over Eq (2.5). We obtain

the vector equation in velocieties at the point P

Vin) V=Y L [ (1) as

Sup

e [ e S o5

Sop

(2.6)

Singularities strengths over panels are constant, so the integrals in Eq (2.6)
can be written in the form of functions depending on panel geometry and sin-
gularity strength only. The part of the function depending on panel geometry
is called the ”panel influence coefficient”. It can be defined either as poten-
tial (potential influence coefficient) or velocity (velocity influence coefficient),
induced by a selected panel at a chosen P point on condition that the sin-
gularity strength is equal to unity. So, the potential influence coefficient is
a scalar and the velocity influence coefficient is a vector. For example, the
function under the first and second sums in Eq (2.5) can be written as

1 1 1
Z;/;m . V(;) dS = f(p,geom) = Epwd,“(geom) (2.7)

By virtue of Eq (2.7), Eqs (2.5) and (2.6) one can rewrite as

P(P) — P = “Z/LLW% +—Zp1W¢,mP)+
1=
' (2.8)
N
- rszkw%k(Pz)
k=1
1 Y 1 Nw
V(P) =V = =3 Wy (P)+ =3 mWy,(P)+
L: =
1 = (2.9)
1 N
- =S Wy, (P,
4”12% Vor(Fi)

Scalar equation (2.8) and three projections of vector equation (2.9) can be
rewritten for N collocation points (in the area of different N panels on body
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surface). After adding boundary conditions (also over N panels) we obtain
the linear set of algebraic equations.

Boundary conditions can take different forms. For thick wings and bodies
(3D) it is necessary to demand that the Dirichlet condition have to be fulfilled.
Usually this condition takes the form @; = constant (where &, stands for the
potential inside the body). Note that it is equivalent to the inner Neumann
condition 0¢;/dn = 0 and it simply means that the potential inside the body
will not change (cf Katz and Plottkin (1991)). If we put the value of potential
inside the body &; equal to the potential in outer flow in infinity, then Eq
(2.8) takes the form

N Nw N
Y Wy (P + D uWe, (P) =D oWy (P) i=1,..,N (2.10)
k=1 =1 k=1

For a infinitesimally thin surface it is sufficient to take the Neumann condition.
Projection of Eq (2.9) on the directions normal to the surface yields

N Nw N
Y Wy, (Poni+ > Wy, (Pni = Y oxWy, (Pi)ni — 4nVoen; (2.11)
k=1 (=1 k=1

In both cases Eq (2.10) or (2.11) one can rewrite in the following matrix form

W,u=W,o +C (2.12)

usefull for numerical solving.

The control (collocation) point (Fig.2) for doublet and source panels is
usually placed in the center of flat panel. Moreover, when we put Dirichlet
boundary condition, the control point is a bit shifted under panel surface in
normal direction. A displacement is very small — in this paper the shifting is
on six order magnitude less than the panel characteristic length.

For configurations composed of thick bodies and thin lifting surfaces one
can apply respectively the so-called mixed boundary condition — on chosen
part of the surface the Neumann condition stands up and on the other one the
Dirichlet condition is imposed.

To determine the shape of wake one should solve the so-called inverse
problem, in most cases by an iterative scheme. To avoid the iterative process
one usually assuimes an arbitrary, approximated wake geometry. In such a case
no boundary condition is imposed over the wake. To obtain the singularities
strengths over the wake one has to note that these strengths are related to
those of distributed on body surface by means of Kutta-Joukowski condition,
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control point for the
Neumann condition
chosen at the panel
center, on the surface

control point for the
Dirichlet condition
chosen at the panel
center, undcr the surface

Fig. 2. Control point choosing
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Fig. 3. One of possible versions of the Kutta-Joukowski condition for thin and thick

wings

see Fig.3. It enables reduction of the number of unknown parameters and

equations to the number of panels only on the aircraft surface.

Doublets and vortex rings are equivalent in the sense of induced velocities.
So, the vortex rings can be used both on body and wakes instead of the
doublets. For a steady flow the vortex rings used on the wake are equivalent

to the horseshoe vortices (cf Katz and Plottkin (1991)).
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3. Stability derivatives

Dimensional stability derivatives Fj; of the generalized aerodynamic force
F; (given in the velocity or stability frame ol reference) with respect to the
dimensional disturbance S; (also given in the velocity or stability frame of
reference) can be defined (cf Goraj (1984)) as

or; J /1
Iy = — = —(=pV25LC; 3.1
1= 55 = 75, (3P ) (3.1)
where
l; — characteristic length for the generalized force F}; being an
element of the set {1,1,1,b,¢c,,b}
C; — dimensionless force coeflicient being an element of the set
{_CI7Cy7 _sz Cla Cmv Cn}
From Eq (3.1) we obtain
0C, 0C;
pllzzu:—QCr_— P13 = Ty = ———
o(¥) o(¢)
oC, aC,
P15 = Tq = — C’ P31 = 2y = _2Cz - —_":—
o (%) o(¥)
» ; oC, » ; oC,
33 = Ry = _T 35 = Zg = ——Ca
o(#) (%)
» s 0C, » m 0C,
37 = Ty T T 51 = My = —
o) o(#)
p m 0Cn, » m 0Chm
53 = My = 55 = Mg = ———F—~-
o+ 0 &
p m 0Cn » Y oCy
57 = My = — —— 22 = Yo =
() o)
P2 =y oc, P26 = ¥ oc,
24 = Yp = b 26 — Yr = b
2(%) o(#)
» / oC, » / 0C
42 = by = — 44 = lp = )
o(¥) 2(%)
oC| oC,
pas =1, = Pe2 = Ny =
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oC, ICy
p64:np:@ p66:nr:@

Dimensional stability derivatives Fj; can be computed from dimensionless
derivatives p;; as follows

1
Fi]' = ipSl,-le”p,-j (33)
From Eq (3.3) we have

Xu = %pSV(—QCz - Czu)

1 1

Xuw = 5,05wa Xq = épScanq
1 1

Zu = gpSV(—ch - Czu) Aw = EPSVZ-LU
1 . 1

Z, = EpScai Zq Zy = EpScazu-,
1 1

M, = §p5canu M, = §p5canw
1 2 , 1 2

M, = EpScanq My = §p5camﬁ, (3.4)
1 1

Y, = §pSVyU Y, = EprVyp
1 1 oo

}/T = iprvyT LU = Epr‘ lv
1 21/ 1 2y}

Lp = 5/)51) ! lp LT = 5/)51) Vv r
1o 1 .,

N, = 5/)51)‘ Ny N, = -2—,051) Vn,
1 2

N,- = 5/)51) VTLT

4. Surface paneling

Application of quadrilaterals in a panelization process very often leads to
the twisted panels. A computational procedure is much simpler (cf Blaszczyk
(1996)) if twisted panels are flatted-up, Fig.4.
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Fig. 4. Quadrilateral surface element (panel)
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Aspect ratio can not be too high for each panel. Adjacent panels can not
differ too much in shape. It is admissible that the panels deform into triangles.
Some grids generate errors either at the stage of determination of the potential

or at the stage of differentation of the potential, Fig.5.

dividing of the body
surface into panels
for F-4B aircraft

additional strips
of panels on the
segment

Fig. 5. Grid model showing surface dividing into segments

Particular body segments, between which a discontinuity occur, are treated
as separated objects. Ounly the condition of node compatibility along the
adjacent edges has to be fulfilled. It enables moving from one object to another
when differentiating. Moreover, in the discontinuity region, some panel strips
on the extreme edge are usually added. This way, dividing into panels in the

direction perpendicular to the edge, is compressed. It results in a much smaller

interpolation error appearing in the discontinuity region.

For a thin wing in the region connection with body the condition of consi-

10 — Mechanika teoretyczna
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modified strip
of panels =3,

differentation of
the singularities
distribution over
the body surface

Fig. 6. Thick body — thin wing connection

stency between near the body chord and the body longeron has been imposed.
It means that grids on the body longeron are consistent with the first and the
last grids on near the body chord, Fig.6. It has made it possible to consider
the body longeron section adjacent to the wing chord as a kind of body surface
separation line (or as an "inner edge”). It means that numerical differentiation
over the body surface is not performed "through the thin wing surface”.

5. Stability derivatives for light executive aircraft

Fig. 7. Configuration of an executive aircraft

Stability derivatives have been calculated by means of three different me-
thods: classical Hess method (cf Hess and Smith (1966)), Vortex Lattice Me-
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thod (VLM) (cf Bertin and Smith (1989); Goraj (1993); Konstandinopoulos
et al. (1985)) and simplified engineering method (cf Goraj (1984); [25]). Fig.7
presents a light aircraft and wakes behind it after paneling, performed on the
basis of Hess method (about 1500 panels). Wake strips are also shown and
denoted by dotted lines.

Some stability derivatives computed by means of the three abovemention
methods are presented in Table 1.

Table 1
mg 24 My Zy
simplified methods | —10.977 | —7.153 | —1.145 | —5.942 |
VLM -9.970 | —5.590 | —0.868 | —5.400
Hess method —10.850 | —6.642 | —1.146 | —5.672

Lateral stability derivatives have been computed by means of the QL-Panel
package (cf Kulicki and Lasek (1995¢)). The results are shown in Table 2, the

case, when the aircraft surface has been divided into 648 panels.

Table 2

ly [y [, Ty np N, 1
QL-Panel —0.057 | —0.288 [ 0.0915 [ 0.0611 | —0.0366 | —0.070 |
Wind-tunnel | —0.043 0.0773 J

Analysing the stability derivatives presented in Table 1 and Table 2 it
can be concluded that the methods under consideration lead to the results
consistent with simplified engineering procedures (cf Goraj (1984); [25]) for
longitudinal derivatives and with wind-tunnel measurement results for lateral

derivatives, respectively.

6. Determination of neutral points of stability and
maneuverability

Neutral points of an aircraft have to be computed as early as at the preli-
minary design stage with a relatively high accuracy (3% + 5% of mean aero-
dynamic chord (MAC)). For simply, conventional configuration neutral points
can be estimated using the ESDU [25] and only sometimes are verified by
wind-tunnel investigations. Ior more complex configurations, in the case of;
e.g., (1) strong, nonlinear wing twisting, (2) hybrid wing planform, (3) lea-
ding edge skip or extension, (4) strong negative leading edge sweep angle, or
strongly coupled main and tail wings the ESDU can not be used and only
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time-consuming and expensive wind-tunnel measurements can be applied. In
view of that we decided to use panel methods for computing of stability and
maneuverability neutral points.

The neutral points of stability and maneuverability for an aircraft can be
défined as follows.

The neutral point with either fixed (NC) or with free (NF) elevator cor-
responds to the point around which the pitching moment is reduced that
gradients of the piching moment with respect to either the angle of attack or
the lifting force coefficient, respectively, are equal to zero in the linear range
of angles of attack, i.e.

50/\/0 acNF
m — 0 m — .
aCy, oCy, 0 (6.1)

Positions of the neutral points can be computed from the following formula

22Cpo — 2,.Cpy

TN = 6.2
Cr2 = Cpa (62)
where
x ~ center of pressure position
Cr - lifting force coefficient, and indexes 1,2 correspond to two

different angles of attack.

To compute the neutral point with a {ree elevator either the trimmer de-
flection or the stabilizer setting should be found earlier. Some details of NF
(neutral point of stability with free elevator) or MC and MF (neutral points of
maneuverability with fix or free elevator) can be found in Goraj et al. (1996).
In Table 3 the neutral points of stability with fixed elevator obtained by means
of the Hess method for different wings have been shown and compared with
those obtained by simplified engineering methods from ESDU [25].

Table 3

1A 4 =05,A=267 | A=05,A=533] A=1,A=2
sweep | 0° | 30° [ 45° [ 0° ] 30° ] 45° | 0° [ 30° [ 45°

Hess -
JTnethod L0.226 0.508 0719L239 0.789 1156 0.2111]0.489|0.679

FoDy Lo.m 0.495 | 0.697 | 0.239 0771468 0.205 | 0.467 | 0.668

7. Downwash distribution

Downwash in the tail vicinity can be computed having singularities distri-
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bution over the aircraft surfaces. Downwash at each point of the field can be
found from the formula

€ = —arctan (—1— 8¢)

V. 92 (7.1)

where 0¢/0z denotes the velocity induced by all singularities in the direction
perpendicular to the undisturbed flow velocity.

Many different tests have been performed for various wake models (cf Katz
and Plottkin (1991)) behind a thick wing of aspect ratio equal to 6, at the
angle of attack equal to 5°. Downwashes (in deg) computed at the point
(z = 3¢q,y/2b = 0.3) behind the wing and for various z coordinates (given in
MAC percentage) are placed in Table 4 and in Fig.8. Wake is placed along
the wing chord for the first model, and along the vector of undisturbed flow
velocity for the second model, respectively. Diflerences between the results
for various models are not significant (less than 0.5°) and can be accepted
in stability analysis. It means that the extreme diflerence for the parameter
O¢/0a, a very important one from the stability point of view, is less than 10%.

Table 4
Z coordinate wake models simplified calculations
(in % of MAC) | model 1 | model 2 | ESDU [25] | Roskam [25]
—-20 1.94 1.81 L.54 1.55
0 2.02 1.92 1.94 1.67
+20 1.95 2.02 2.08 1.55

Fig. 8. Downwash izolines behind the rectangular wing of aspect ratio 6
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Downwashes obtained for F-4B aircraft (Fig.9) with the aid of QL-Panel
package (cf Kulicki and Lasek (1995c)) are of a similar form. In Fig.9 there is
shown a strong edge vortex shedding-up from the main wing. Downwashes in
the vicinity of horizontal stabilizer are practically constant and equal to 3°.
It means that the gradient de¢/da is equal to 0.6.

80

erdh

70
soh
40f

30f

20

10l il
-140 7120 7100

Fig. 9. Downwash izolines for F-4B in the vivinity of the tail

8. Dynamic stability

A stability analysis has been carried out under the assumptions that (1) the
aircraft has a plane of symmetry; (2) the angles of sideslip, bank and path are
zero and (3) the Mach number and the angle of attack are small. Under
such assumptions the differential equations of motion together with kinematic
relationships have the form (cf Goraj (1984))

dz

where the mass and generalized stiffness matrices are equal, respectively
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[ m 0 0 0 -mz 0 00
0 m 0 mz 0 -mz 0 0
0 0 m — Zy 0 me 0 00
0 mz 0 J. 0 -J., 00
M=1|_n: 0 -M, 0 J, 0 00 (8.2)
0 —mz 0 —Jzz 0 J, 00
0 0 0 0 0 0 1 0
0 0 0 0o 0 0 0 1|
(X, 0 X, 0 X, 0 -G 0 ]
0 Y, 0 Y 0 Y,-mV 0 G
Zo 0 Zy 0 Zg+mV 0 0 0
B = 0 L, 0 I, 0 L,—-mzV 0 -Gz (8.3)
0 0 M, 0 M,+mzV 0 Gz 0
o N, 0 N, 0 N, +mzV 0 -Gz
0 0 0 0 1 0 0 0
0o 0o 0 1 0 0 0 0

whilst z, z denote mass center coordinates of an aircraft in the stability frame
of reference Azyz (Ax axis is originated in 25% of MAC and directed back
of the aircraft along the undisturbed flow velocity), and Xy, Xy, Np,... -
stand for the dimensional stability derivatives computed in the stability frame
of reference.

The eigenvalues corresponding to matrix equation (8.1) are

Ai =& +in (8.4)

where an imaginary part 7; can be in particular case equal to zero.

In stability analysis one uses various combinations of &; and 7; (cf Nelson
(1989)), namely

- damping ratio

—£
NV -

Wn =/ 62 + 772 (86)

— period of dumped oscillation

— undumped frequency

2w
T="" (8.7)
Ui
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— time-to-half-amplitude (or time to double amplitude)

In 2
T1/2 = —? (8.8)

— mode inverse cycles to half amplitude

1 1 2 ln2
—_— = 8.9
Crs \/ (8.9)

-~ mode inverse cycles to 1/10 amplitude

1 Tl/]O ]l] 10
= 8.10
Cijio V (8.10)

Most important stability derivatives for the F-4B aircraft, taken from dif-
ferent five sources, are placed in Table 5. The sources are as follows:

1.

Numerical package STB (Warsaw University of Technology; available on
request from the authors) developed on the basis of simplified engineering
data sheets ESDU [25]

QL-package (cf Kulicki and Lasek (1995¢)) for calculation of pressure
distribution by means panel methods

NASA Report CR-2144 (cf Heffley and Jewell (1972)) ~ data for landing
configuration

NASA Report CR-2144 (cf Heffley and Jewell (1972)) — data for cruising
configuration: altitude 10 km, Mach number Ma=0.6

NASA Reports TND-6425 (c[ Anglin (1971)) and TND-6091 (cf Grafton
and Libbey (1971)).

Some derivatives, important [rom the stability point of view (e.g., the
pitching moment derivative m,,) differ depending on the relerence it was taken
from. It is interesting that even between the results of two NASA Reports
TND-6425 and TND-6091, obtained in the same Langley Laboratory in the
same year (1970), there exist serious differences in the gradient dCp/da (in
Fig.5g from TND-6425 we can find this derivative equal to 3.43 1/rad, whereas
in Fig.5a from TND-6425 we see that this derivative is equal to 3.271/rad).
It seems that these differences are caused by the fact that wind-tunnel models
corresponded to a bit different project stage ol the aircraft and in consequence
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they differed in geometry. We can observe dramatically acute difference in the
very important derivative [,, being together with n, derivative crucial for the
lateral stability ({, in CR-2144 (plot on page 77) at o = 0 is equal to —0.088,
whereas [, in TND-6091 (I'ig.6 on page 22) at o = 0 is equal to —0.046).
A relatively high accuracy one can observe comparing the derivative n, — it
changes from the minimum value of 0.13in TND-6091 (cruising configuration)
up to the maximum equal to 0.199 in CR-2144 (landing configuration).

Table 5. Flight conditions: V = 180m/s, Ma=0.55, altitude=10km,
p=0.41kg/m3

STB |QL-PANEL CR-2144 CR-2144 TND-6091
(cruising conf.)|(landing conf.)| TND-6425

z, | —0.1040 —0.4840
zy | —0.0025 0.5550
z, | —0.0037
2y —0.8790
Zy | —3.0000 | —3.5100 —2.8300 —2.8000 -3.2700
7 | 02770 | 7.7400
zy | —0.3860
m, | —0.0520
my | —0.2970 | —0.4510 —-0.2200 —0.0980 —0.3460
my | —1.5400 | —2.6400 —1.2500 —1.0000 —2.0000
my | —0.5990 —0.4750
Yu —0.3770 | —0.6400 —0.6000 —0.6550 —-0.6300
vy, | 0.1860 | —0.1000
v | —0.4710 | —0.7750
l, —0.2200 | -0.1710 —0.0889 —0.1560 —0.0460
[, —0.1380 | —-0.1920 —0.1110 —0.1360 —0.1000
I, 0.1190 0.1390 0.0444 0.1030 0.0300
Ny 0.1530 0.1900 0.1170 0.1990 0.1320
np 0.0110 0.0225 —0.0039 —0.0065
n, | —0.1270 | —0.3910 —0.1190 —0.1600 —0.1500

The analysis of dumping and frequency for natural modes of vibration
made with the aid of STB package for the aircraft F-4B, using different sets of
stability derivatives (given in Table 5) shows that stability characteristics are
consistent in quality, and the existing discrepancies have only a quantitative
character. In all cases one does not observe the change of stability type, i.e.
changing either from stable state into unstable one or vice versa. Scatler of
results the parameters £ and 7 obtained {rom dillerent models for short pe-
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riod oscillations is rather insignificant. The results obtained from QIL-Package
model differ most from those {from other models, however the difference in
the extreme case (£ = —0.74 from QL-Package model and & = —0.44 from
the model with stability derivatives taken from the Report CR-2144) is equal
about 40% and seems to be acceptable. Phugoid parameters (especially the
dumping coefficient £) obtained from various models are very close. Disper-
sion between the Dutch roll stability coefficients, presented in Fig.10, also can
be regarded as acceptable.

4.0
7
15 TND-6091
3.0 B—
. S
2.5 QL-Panel,
2.0 CR-2144
1.5
1.0
110 120 130 140 150 160 170 180
V [m/s]
0 —
&
-0.2
0
-0.4 X
.0.6 Af‘/-:_Ld_
/
-0.8 j;
o |

110 120 130 140 150 160 170 180
V [m/s]

Fig. 10. Damping and frequecy of the Dutch Roll for F-4B

The most important stability characteristics, computed numerically and
measured in flight tests, are placed in Table 6. The first seven rows of Table 6
were already analyzed and commented earlier. Most interesting are rows from
eighth up to tenth. They present the characteristics C~'(1/10) for short pe-
riod mode as well as parameters 7 and C~1(1/2) for the Dutch roll. These
characteristics are defined by the aircraft design requirements (for example by
FAR) and therefore they should be documented during the certification pro-



AIRCRAFT STABILITY ANALYSIS... 155

cess. The most substantial differences between numerical results obtained from
the Report CR-2144 (C35p(1/10) = 0.731; Tpr = 3.45; Cpk(1/2) = 0.82,
where the index SP denotes short period mode and the index DR corre-
sponds to the Dutch roll mode) and the flight tests results (referred to the
flight tests results) are equal to 17% for C3A(1/10); 45% for TDR and 57%
for Cpkr(1/2), respectively. Differences for short period oscillations are negli-
gible, differences for the Dutch roll are significant and should be eliminated
by verification of the stability derivatives.

Table 6
CR-2144 | Derivatives
STB |TND-6091| flight | from CR-2144 |QL-Panel
+STB tests [+STB comput.| +STB

Esp —0.4900 | —0.5700 —0.4400 —-0.7400
nsp 1.1100 1.2500 0.7300 1.5800
Csp 0.4020 | 0.4100 0.5160 0.4200
EDR —0.5100 | —0.3700 —0.3000 —0.7700
DR 2.6400 3.4100 1.8500 2.4200
(DR 0.1880 0.1000 0.1600 0.3000
Espiral —0.1550 | —-0.1980 -0.0013 —0.0386
C~1(1/10)sp 0.8333 0.8600 0.7310 0.6098 0.7813
Tpr 2.3600 1.8400 3.4500 3.3900 2.5900
C~!(1/10)pr| 0.5747 1.0204 0.8200 0.6849 0.3500

9. Conclusion

Panel methods have had significant effect not only on calculating of the
pressure distribution over aircraft surfaces but also on the stability investiga-
tion. They offer an excellent compromise between reliability, speed and faithful
representation of the flow field. First of all, they can be regarded as a very
useful tool for determination of the fundamental aerodynamic characteristics
of an arbitrary aircraft, especially for the aircraft of strongly coupled aero-
dynamic configuration. However, one should remember of various limitations:
angles of sideslip and angles of attack should be small; flow should be subcriti-
cal or pure supersonic; maneuvers can not be too rapid and Reynolds number
has to be sufficiently high. Panel methods give opportunity to compute stabi-
lity derivative, including the rotary stability derivatives. Panel methods also
can be used for determination of the neutral points of stability and maneuve-
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rability as well as for computing field of downwashes behind the main wing.
Accuracy possible to obtain depends on the geometry representation. Usually,
it gives acceptable stability characteristics. At last it can be concluded that
in many cases the thick fuselage, thin wings and flat wake model gives very
high accuracy, especially if we consider the stability characteristics.
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Analiza statecznosci samolotu o konfiguracji aerodynamicznej silnie
sprzezonej

Streszczenie

W pracy przedstawiono zastosowanie metod panelowych do analizy statecznosci
dynamiczne) samolotu. Dokonano przegladu najwazniejszych metod i przedyskuto-
wano ich podstawy matematyczne (réwnania rzadzace, postaci warunkéw brzego-
wych, metody dyskretyzacji) majace najwiekszy wplyw na efektywnos¢ kodéw obli-
czeniowych, umozliwiajacych wyznaczenie rozkladéw cisnienia nad powierzchniami
nienosnymi (kadlubami, gondolami) oraz noénymi (platami, usterzeniami). Przed-
stawiono wybrane procedury obliczen charakterystyk statycznych i dynamicznych,
decydujacych o statecznosci samolotu. W szczegdlnosci omdwiono wyznaczanie katéw
odchylenia strug za platem, punkty neutralne statecznosci i sterownosci statycznej
oraz pochodne aerodynamiczne statecznoéci. W pracy zamieszczono wyniki obliczen
przykladowych, uzyskanych metodami panelowymi 1 poréwnano je z wynikami po-
miardw w tunelach aerodynamicznych oraz z wynikami testéw w locie.
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